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The scope of the study is to evaluate the combustion efficiency of
a ducted rocket combustor operating at different conditions, using
a connected-pipe testing setup. An experimental parametric investiga-
tion was conducted to evaluate the effect of the inlet air-injection angles
and the effect of the combustion pressure for different fuel-to-air ratios.
The experimental results indicate that best energetic performance was
obtained for an injection angle of 120°, i. e., against the main flow direc-
tion. The reason is that this way better mixing was obtained and the
residence time increased. Characteristic velocity was found to decrease
with decreasing the combustion pressure.

NOMENCLATURE

c¢* characteristic velocity

Cp discharge coeflicient

D, diameter of the secondary combustor
D. exhaust nozzle exit diameter

Dy diameter of the fuel inlet

D; diameter of the air inlet

D; exhaust nozzle throat diameter

fe fuel-to-air mass ratio in the secondary combustor
fq fuel-to-air mass ratio in gas generator
I, specific impulse

L. length of the combustor
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L4 length of the dome region

L; length of the air inlet region

mass flow rate of the vitiated air
mass flow rate of the fuel-rich gas
combustion chamber pressure
combustion chamber temperature
e+ efficiency of characteristic velocity
f inclined angle of the air injector
¢ equivalence ratio

SIS
~ 9

Subscript

exp experimental
th theoretical

1 INTRODUCTION

Ducted rockets (ram-rockets) combine the advantages of solid rockets with the
long flight capability of air-breathing engines. They have significant advantages
in comparison to rocket engines such as high specific impulse, long flight range,
high terminal velocity, and throttleability [1]. In a typical operation, a ducted
rocket is accelerated by an integrated solid rocket booster to supersonic velocity
after launching. The dual mode combustion chamber, which contains the solid
propellant for the booster operation, serves as the secondary combustor for the
sustainer operation, when the propellant is completely burned. The ram air,
compressed by several shockwaves at the intakes and decelerated in the diffuser,
is supplied into the secondary combustor through the multiple side inlets. The
fuel-rich gas, produced from the gas generator (primary combustion chamber),
is injected from the head end of the secondary combustor. Then, it mixes and
reacts with the incoming hot air in the secondary combustor.

The turbulent flow in the ducted combustor is quite complicated since it in-
cludes the recirculation stream, jet impingement between air to air and air to
fuel, separation and reattachment, etc. Moreover, many research groups [2 6]
focused on the variable flow ducted rocket (VFDR), which is able to achieve suffi-
cient flight capability in full airspace and fulfill the various mission requirements
for the high mobility. On the other hand, the variable flow approach carries
a complexity of the flow environment in the combustor. Its thrust is controlled
to accomplish the dynamic flight mission such as flight velocity, altitude, and
attitude of a missile; throttling can be actively performed by regulating the fuel
flow through control of the nozzle throat size of the gas generator. Simultane-
ously, stagnation properties and flow rate of the incoming air through the side
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inlets are determined by the varied flight conditions depending on the throttling
of the gas generator. These changes of the operating conditions, which can occur
during flight, necessarily result in changes of the thermochemical and aerody-
namic parameters such as equivalence ratio and momentum ratio (MR) between
air and fuel.

The geometric parameters including the number of air inlets, air inlet angle,
dome height, fuel entrance location and the number of fuel inlets, etc. have a di-
rect effect on the air/fuel mixing, flow structure, and combustion phenomena [7].
In particular, the air inlet shape [8], i.e., configuration, location, and arrange-
ment of the side air inlet and dome height, can be regarded as a dominant design
factor which determines the performance. For example, thrust depends on the
captured air mass flow and the total pressure recovery, stability from buzz and
backflow, maneuver capabilities, and drag reduction [9]. Flow visualization and
combustion experiments [10 14], which consider the effect of the various flow
conditions and geometric parameters of the combustor involving air inlets, have
been conducted in various studies. Although some data on the air inlet geometry
effects in a limited range of operating condition have been obtained in previous
studies, additional information under various air inlet geometries and operating
conditions is required for comparison and verification.

Kim and Natan [14] conducted connected-pipe combustion experiments and
a numerical analysis of the internal reacting flow in a ducted rocket combustor
at various equivalence ratios with an emphasis on the air inlet geometry effect.
They used three kinds of combustors in order to evaluate the air inlet geometry
effect; a two-inlet combustor with inlet angle of 90°, a two-inlet combustor with
inlet angle of 180°, and a four-inlet combustor with inlet angle of 90°. The
four-inlet combustor exhibited the best combustion efficiency and the two-inlet
combustors did not show large differences in terms of performance.

The scope of the present study is to evaluate the energetic performance of
a ducted rocket combustor operating at different conditions, using a connected-
pipe testing setup at the Rocket Propulsion Center at the Faculty of Aerospace
Engineering of the Technion-IIT. The experimental setup is based on the work
of Kim and Natan [14].

An experimental parametric investigation was conducted to evaluate the ef-
fect of the inlet air-injection angles and the effect of the combustion pressure for
different fuel-to-air ratios.

The various operating conditions, in terms of altitude and speed, are simu-
lated by changing the fuel-to-air ratio and the pressure in the combustion cham-
ber; any change in altitude or in speed results in a variation of the mass flow
rate of air entering the intakes, i.e., of the fuel-to-air ratio and the combustion
chamber pressure.

To simulate the combustion products of a gas generator, a fuel-rich mixture
of ethylene and air was used to simulate a solid fuel of glycidyl azide polymer
(GAP) including 5 %(wt.) carbon. The chosen configuration consisted of four
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inlets, 90° apart. Three injection angles were examined, 60°, 90°, and 120°, and
various pressures in the range 2.5 6.5 bar.

2 EXPERIMENTAL INVESTIGATION
2.1 Simulant Fuel Mixture for the Gas Generator

A typical solid fuel for the gas generator of ducted rockets is essentially a fuel-
rich solid propellant with minimum proportion of oxidizer for the self-sustaining
combustion capability. Also, fuel-rich propellants with high burning rates and
high pressure exponents are required to achieve a wide range of fuel flow in
a VEDR [15]. In this respect, GAP is a fairly attractive candidate for ducted
rockets. Despite the low concentration of oxygen atoms, GAP is a highly ener-
getic material with self-sustaining burning characteristics. Furthermore, it can
be decomposed rapidly under the low combustion temperature and fuel-rich de-
composition products are produced during combustion [16]. The GAP-based
propellants have demonstrated a significant capability as effective fuels for the
gas generator in several research groups [5,12,16]. Thus, such a propellant was
chosen for the gas generator in the present study.

Simulant fuel mixtures that consist of gaseous or liquid phase ingredients
have been widely employed for research and development of gas generators. This
approach can save the time and cost related to the manufacturing and handling
of a solid fuel for each evaluation test. Also, it can offer sufficient accuracy and
eliminate a difficulty in terms of burning rate control of the actual solid fuel.
Because of these benefits, for the gas generator of the present study, a fuel-rich
mixture (f, = 0.77) of ethylene and air was used to simulate a solid fuel of GAP
including 5 %(wt.) carbon. The validity of this approach is further proved by
the overall products of the GAP /carbon and ethylene/air.

Table 1 presents the properties and species concentrations of two cases at
baseline operating condition of the gas generator, calculated using the Gordon
and McBride chemical equilibrium code (CEA) [17] at gas generator operating
pressure of 1.35 MPa. Good agreement is obtained for the calculated equilibrium
exhaust properties of two kinds of mixtures. Considering that the measurement
of the exhaust gas properties and collection of exhaust compositions is difficult,
as shown in Table 1, the existence of a significant amount of carbon product
can be a good evidence of thermochemical equilibrium condition. Moreover, this
assumption is further supported by the fact that the pressure and temperature
values within the gas generator, measured experimentally, are very close to the
calculated equilibrium values.

This large carbon fraction shows that the fuel-rich exhaust products need to
be separated into gaseous products and solid carbon for the better accuracy of

716



AIRBREATHING PROPULSION

Table 1 Comparison of the exhaust products of a fuel-rich solid propel-
lant and a simulant fuel mixture®

GAP /carbon Ethylene/air
Temperature, K 1261 1164
Density, kg/m?> 1.56 1.55
Mole fraction

Ar 0 0.00250

CHy 0.01159 0.02860

CO 0.12832 0.09183

CO2 0.00157 0.00296

HCN 0.00004 0.00002

H, 0.31452 0.35174

H2O 0.00621 0.01407

NH; 0.00013 0.00024

N2 0.20640 0.20799

C (graphite) 0.33122 0.30005

“Properties obtained using CEA [17] code for chamber pressure of 1.35 MPa
in equilibrium conditions.

the theoretical calculation. Therefore, the products flow from the gas generator,
supplied to the secondary combustor as a fuel, was considered as a two-phase flow
based on the assumption that thermochemical equilibrium condition is achieved
in the gas generator chamber.

2.2 Experimental Setup for a Connected-Pipe Test

Connected-pipe tests have been conducted in numerous studies on ramjet and
scramjet systems [13,18,19] to demonstrate the combustor performance us-
ing accurate flow conditions and to investigate the combustion phenomena of
air-augmented combustors. Figure 1 shows a schematic of the connected-pipe
test facility for the lab-scale ducted rocket, which was designed at the Fine
Rocket Propulsion Center of the Technion — Israel Institute of Technology. The
connected-pipe experimental setup is mainly composed of hot air feed system
that includes a vitiated air heater (VAH) [20] using hydrogen as a fuel, a gaseous
fuel feed system, gas generator, ducted combustor with air inlet module, and
data acquisition (DAQ) system.

In a connected-pipe setup, the air has to be fed at the appropriate stagnation
temperature and pressure to simulate certain flight condition. The main air,
regulated by a pressure regulator and sonic orifice, is supplied to the VAH from
high pressurized air tanks, which have sufficient capability to supply a steady
mass flow rate. Make-up oxygen is added to the air-feed line to compensate
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Figure 1 Schematic of the experimental setup

for oxygen, which is consumed by the combustion in the VAH. Then, oxygen-
enriched air is burned with hydrogen in the VAH to simulate the stagnation
conditions downstream of the air inlets. The combustion products of the VAH
exit the heater at pressure of 0.53 MPa and temperature of 535 K, which reflect
the flight conditions at Mach number of 2.5 and altitude of 5 km. A constant
air intake ramp angle of 15° was used for the three kinds of air inlet geometries.
The hot air mass flow rate is determined by measuring the temperature and
pressure in the feed line and also by measuring the contributions of the main air,
hydrogen, and make-up oxygen.

The gaseous fuel feed system consists of ethylene and air feed lines in order
to produce the fuel-rich exhaust from the ethylene/air with mixture ratio (f,)
of 0.77. The vaporized gaseous ethylene is supplied from the multiple cylinders
without any pressurization, since liquid ethylene has high enough vapor pressure
to supply the demanded mass flow rate. On the other hand, the mixture of ethy-
lene and air is too rich to react at the required total mixture fraction. Therefore,
the ethylene mass flow is divided to primary and secondary feed lines. The pri-
mary ethylene for stoichiometric mixture ratio is supplied into a pilot chamber
and then the ethylene via the secondary line is added downstream the air and
primary ethylene reaction region obtains the required mixture ratio of 0.77. The
air, stored under pressure in multiple cylinders, is also injected into the pilot
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chamber. The exhaust gas from the pilot

chamber is injected into the gas generator Table 2 Baseline experimental
chamber of internal volume of 980 cm® and conditions

mixes with the secondary ethylene. Chamber o fo e, kg/s MR

pressure and exhaust temperature are mea- 0.45 0.08 0.28 1.62
sured in the gas generator to evaluate the fuel 0.53  0.09 0.24 1.19
conditions. 0.64 0.11 0.2 0.83

The ducted combustor has a changeable air ~ 0.78  0.13 0.16 0.55
inlet module and several exhaust nozzles were 0.98  0.17 0.13 0.35

1.16  0.20 0.11 0.25

used to maintain a similar chamber pressure
1.59 0.27 0.08 0.13

under the various test conditions, such as sig-
nificantly different total mass flow rates. All
test procedures are automatically controlled by program logic controller using
the DAQ board and LabVIEW software of National Instruments Corp. and data
are collected in real time.

In the experimental investigation, the equivalence ratio ¢ varied between 0.45
and 2.5. Table 2 shows these baseline specific conditions. The fuel mass flow
rate was kept constant whereas the vitiated air mass flow rate was varied to
simulate various flow conditions. Therefore, the air-to-fuel MR, which affects to
the mixing characteristics, increased as the ¢ was decreased. Momentum ratio
was evaluated by the ratio between the mass flow rate multiplied by the velocity
of the air and the fuel.

2.3 Combustor Configurations and Test Conditions

As mentioned previously, hot air is supplied to the secondary combustor through
the multiple air inlets and then mixes and reacts with the fuel-rich gas from the
gas generator. Thus, internal flow and combustion characteristics such as turbu-
lent mixing between air and fuel-rich gas, formation of recirculation streams, and

_ Fuel Air Ramb
Injector \\ injectors amburner
Cye

= o / 7777777 B‘/ T

/o
A

! L

Figure 2 Schematic of the basic combustor
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flame developing are strongly influenced by

Table 3 Geometries of the combus- ] o .
the air stream, which is determined by the

tors
configuration and integration of the air in-
0 D¢, mm D, mm lets.
60° 23.5 27.0 In the present study, three kinds of com-
90° 255 288 bustors have been designed in order to eval-
120° 28.0 31.3 &

uate the effect of the injection angle in
a four-air inlet configuration: inlet angle 6
of 60°, 90°, and 120°. In addition, the effect of combustion pressure was inves-
tigated.

Figure 2 shows the basic combustor configuration. Combustion chamber
diameter was D, = 103 mm, the total length L. = 490 mm, and the distance
between the fuel injector and the air inlet was Ly = 70 mm. Air inlet diameter
was D; = 16.5 mm and the fuel injection diameter was Dy = 4.8 mm. The
geometric specifications of the three combustors were summarized in Table 3.

The combustor configurations are shown in Fig. 3 for 6 of 60°, 90°, and 120°.

In addition, the effect of the combustion chamber pressure was investigated
for the 120 degree geometry.

Figure 3 The combustor configurations

3 RESULTS AND DISCUSSION

Static firing tests were conducted using three different air inlet configurations
and pressures between 2.5 6.5 bar. A total of 80 successful tests are summa-
rized in Tables 4 and 5 for the three geometries and the pressures, respectively.
In general, the experimental uncertainty was approximately 2% for the most
measured properties. All tests were performed in accordance with the baseline
experimental conditions presented in Table 2.

The experimental characteristic velocity is calculated as follows:

Pc,eprtCD
Mg + Thf

* f—
Cexp -
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Table 4 Experimental conditions and results for the inlet angle effect

No oo P, o Mair, My, Tc, c¢*,  Thrust, Isp,
’ bar kg/s  kg/s K m/s N s

1 60° 3.15 1.58 0.084 0.022 2228 1274 110 497
2 60° 4.05 0.86 0.116 0.017 2481 1309 160 962
3 60° 4.01 0.80 0.116 0.016 2500 1307 159 1027
4 60° 4.02 0.78 0.116 0.015 2542 1306 159 1053
5 60° 3.28 1.21 0.112 0.023 2248 1263 151 665
6 60° 3.86 094 0.145 0.023 2031 1200 190 839
7 60° 3.84 0.71 0.192 0.023 1726 1082 198 877
8 60° 4.63 0.58 0.238 0.024 1738 1073 260 1126
9 60° 5.07 0.49 0.287 0.024 1489 989 297 1275
10 60° 4.03 0.74 0.190 0.024 1943 1146 209 901
11 60° 4.03 096 0.145 0.024 2219 1249 199 855
12 60° 2.54 2.10 0.067 0.024 1904 1208 81 347
13 60° 2.27 242 0.067 0.024 1839 1204 75 321
14 60° 490 095 0.146 0.023 2205 1244 208 907
15 60° 391 1.17 0.115 0.023 2082 1216 158 703
16 60° 3.08 1.65 0.085 0.024 2009 1214 109 465
17 60° 3.36 097 0.115 0.019 2442 1311 139 751
18 60° 339 114 0.116 0.022 2320 1284 146 664
19 90° 3.15 1.59 0.084 0.023 2183 1262 95 425
20 90° 531 045 0.287 0.022 1599 1023 308 1406
21 90° 4.60 0.56 0.241 0.023 1681 1054 250 1114
22 90° 4.06 0.69 0.196 0.023 1889 1126 202 900
23 90° 4.03 091 0.146 0.023 2229 1246 186 842
24 90° 3.35 1.16 0.115 0.023 2281 1277 144 652
25 90° 3.33 115 0.115 0.023 2374 1261 146 659
26 90° 231 226 0.059 0.023 1892 1213 58 259
27 90° 3.27 1.561 0.087 0.023 2301 1290 113 517
28 90° 4.27 1.08 0.119 0.022 2368 1297 165 769
29 90° 4.83 0.82 0.151 0.021 2110 1203 198 955
30 90° 4.89 0.84 0.148 0.021 2239 1241 194 939
31 90° 4.06 1.34 0.119 0.027 2003 1195 149 561
32 90° 3.22 1.87 0.088 0.028 1887 1189 108 391
33 90° 3.10 1.95 0.085 0.028 1825 1174 98 354
34 90° 2.25 281 0.059 0.028 1526 1141 58 210
35  120° 298 1.76 0.085 0.025 1827 1164 106 431
36 120° 3.99 129 0.116 0.025 2056 1209 166 664
37 120° 512 094 0.148 0.024 2347 1282 223 964
38  120° 2.25 229 0.068 0.023 1823 1193 59 267
39  120° 3.10 1.57 0.086 0.023 2051 1221 106 469
40  120° 3.38 1.15 0.118 0.023 2211 1254 153 676
41 120° 4.03 091 0.146 0.023 2222 1244 189 852
42 120° 3.86 0.78 0.171 0.023 2150 1208 190 852

To be continued on p. 722
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Table 4 (continued) Experimental conditions and results for the inlet angle effect

No 0° P, o TNair, my, Tc, c’, Thrust, Isp,
' bar kg/s  kg/s K m/s N s

43 120°  4.32  0.62 0.211 0.022 1890 1121 226 1030

44 120°  5.22 045 0.291 0.022 1560 1011 296 1372

45 120°  3.28 1.18 0.144 0.029 1380 990 139 494
46 120°  3.02 1.00 0.170 0.029 1198 920 147 520
47 120° 222 298 0.058 0.029 1452 1093 61 212
48 120°  2.72  2.03 0.087 0.029 1354 1015 86 297
49 120° 2.65 1.48 0.117 0.029 1234 943 101 349
50 120° 2,55  1.53 0.115 0.030 1147 911 93 316
51 120° 249 142 0.116 0.028 1131 900 88 323

Table 5 Experimental conditions and results for the pressure effect

No Pc, Mair, my, Tc, c*, Thrust, Iy,
" bar 4 kg/s  kg/s K m/s N s
52 291 1.189 0.118 0.024 2419 1313 141 601
53 3.17 0.930 0.152 0.024 1896 1152 108 457
54 3.31 0.959 0.113 0.019 1851 1141 120 856
55 3.33 0.502 0.219 0.019 1232 901 119 648
56  3.34 1.151 0.115 0.022 2257 1265 146 660
57 348 0.665 0.159 0.018 1523 1010 150 621
58 4.03 0.909 0.146 0.023 2234 1247 187 842
59 4.06 1.344 0.119 0.027 2019 1198 149 562
60 4.06 0.690 0.196 0.023 1891 1126 202 900
61 415 0.565 0.239 0.023 1561 1016 193 860
62 434 1277 0.114 0.025 2423 1312 172 706
63 444 0579 0.249 0.024 1647 1045 216 900

64 450 0.679 0.225 0.026 1692 1065 261 1023
65 4.60 0.559 0.241 0.023 1683 1055 251 1114

66 4.73 0.600 0.253 0.026 1782 1088 249 986
67 4.88 0774 0.194 0.026 1905 1137 249 997
68 4.89 0.837 0.148 0.021 2252 1241 194 939
69 5.01 0.605 0.246 0.025 1804 1094 253 1020
70 524 0933 0.145 0.023 2068 1202 190 868

71 531 0450 0.292 0.022 1600 1024 307 1403
72 534 0692 0.223 0.026 1799 1098 276 1074
73 556 1.085 0.138 0.025 2434 1314 221 887
74 5.63 0587 0.233 0.023 1901 1123 295 1294
75 575 0773 0.188 0.025 2219 1227 266 1097
76 5.82 0.877 0.168 0.025 2333 1269 260 1060
77 593 0.631 0.278 0.030 986 810 260 888
78 598 0.576 0.240 0.024 1606 1031 276 1199
79  6.29 0590 0.238 0.024 1539 1010 280 1193
80 6.50 0.547 0.264 0.025 1589 1024 304 1264
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where the discharge coefficient Cp was assumed to be 1.0 for all test cases. The
measured static pressure, P, is used as the stagnation pressure at the combustor.
Considering that ratio between the nozzle entrance area to the throat area has
a relatively large value of 13.5, this estimation is reasonable.

The equation to determine the experimental temperature at the end of the
combustor is given as follows:

o\
_ exp
Tc,exp = Tc,th ( o ) .
th

The theoretical characteristic velocity, cj;,, and theoretical stagnation temper-
ature, T, tn, are calculated using CEA [17] at the operating conditions, i.e.,

NS}
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Figure 4 The experimental combustion temperature (a) and characteristic veloc-
ity (b) vs. equivalence ratio: 1 — theoretical model (CEA); 2 — 60 degree air-inlet;
3 — 90 degree air-inlet; and 4 — 120 degree air-inlet
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temperature, pressure, mass flow rate, exhaust compositions, and mass fraction
of the vitiated air and exhaust from the gas generator.

The experimental combustion temperatures and characteristic velocities for
the three configurations vs. the equivalence ratio are shown in Fig. 4. The solid
line represents the theoretical values.

Figure 4 indicates that the 120 degree air-inlet configuration produces higher
values for equivalence ratios below stoichiometric. This can also be seen in Fig. ba
that shows c¢* efficiency. In general, efficiencies about 0.95 were obtained.

The reason for this result is the better mixing because of the injection against
the main flow, which results in higher residence times. For fuel-to-air ratios
higher than stoichiometric, a relatively large content of soot particles cannot
complete their burning in all cases.

The experimental specific impulse [Thrust/(gmy)] for the three configura-
tions vs. the equivalence ratio is presented in Fig. 5b.
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Figure 5 The ¢" efficiency (a) and specific impulse (b) vs. equivalence ratio: 1 —
60 degree air-inlet; 2 — 90 degree air-inlet; and 3 — 120 degree air-inlet
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Figure 6 The experimental combustion temperature vs. equivalence ratio for various
pressures: 1 — 2.5 < pcc < 3.5; 2 — 3.5 < pcc < 4.5; 3 — 4.5 < pcc < 5.5; and 4 —
5.5 < pcc < 6.5

As expected, I, decreases st increasing of the equivalence ratio.

The effect of pressure is more complex. In general, increase of the pressure
results in decrease of the gas velocity; consequently, the residence time of the
gases in the combustor increases. The combustion temperature dependence on
the equivalence ratio and the pressure is presented in Figs. 6 and 7a, respectively.
From these figures, it is evident that the energetic performance increases with
increasing pressure.

Thrust, as expected, was found to increase with pressure as shown in Fig. 7b.
Higher values were received for the low equivalence ratios because of the higher
inlet air mass flow rate. The specific impulse decreases with increasing the
equivalence ratio and increases with increasing pressure as shown in Fig. 8.

4 CONCLUDING REMARKS

Connected-pipe experiments were conducted in a ducted rocket combustor at
various equivalence ratios to evaluate the combustion performance of a ducted
rocket combustor with an emphasis on the air inlet angle and pressure effects.
The experimental results showed a good agreement with the designed experi-
mental conditions and the ¢* efficiency resided in the range 87% 95% (¢ < 1).
As regards the air inlet configurations, all three air inlet angles provided suf-
ficient flame stability by recirculating the gaseous stream. The characteristic
velocities and the temperatures of all three inlet angles were close to each other,
whereas those of 120° were higher in comparison with the other configurations
for equivalence ratios lower than 1. As in theory, the characteristic velocity and
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Figure 7 The experimental combustion temperature (a) and thrust (b) vs. pressure
for various equivalence ratios: 1 — 0.45 < ¢ < 0.60; 2 — 0.60 < ¢ < 0.80; 3 —

0.80 < ¢ < 1.00; and 4 — 1.00 < ¢ < 1.50. Signs refer to experiments and curves to
theory

the temperature were found to increase with increasing the equivalence ratio
until it becomes about 1 and then decrease with further increase in .

Pressure affects significantly the energetic performance and characteristic ve-
locity and specific impulse were found to increase with increasing pressure.
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experiments and curves to theory
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