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A three-dimensional (3D) structure of a separated §ow in a compression
corner at a free-stream Mach number í = 6 is studied. The model is
a §at plate with an almost sharp leading edge on which a 30◦ ramp is
mounted. The spanwise size of the model is equal to the length of the
plate from the leading edge to the ramp. The angle of attack is varied
from 0◦ to 15◦. The shock wave structure of the §ow near the model
is shown. The existence of a thin high total pressure layer (dynamic
layer) is found. The dynamic layer is located above the boundary layer
on the ramp, downstream from the reattachment line. The existence
streamwise vortices near the reattachment line is shown. The measured
spectra of the wall pressure §uctuations in the reattachment region are
presented.

NOMENCLATURE

cp = (p− p∞)/q pressure coe©cient (here, p is the wall pressure)
d width of model, m
dtr diameter of the pressure §uctuations transducer, m
f frequency, Hz
l lengthwise coordinate, m
L length of model plate, m
M Mach number
M∞ free-stream Mach number
p pressure, Pa
p′ root-mean-square value of pressure §uctuations, Pa
ptr wall pressure at the location of the pressure §uctuations

transducer, Pa
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p0 total pressure, Pa
p0∞ total pressure of free stream, Pa
p∞ pressure of free stream, Pa
q = ρu2/2 dynamic pressure, Pa
r vertical coordinate, normal to model surface, m
Re Reynolds number
ReL Reynolds number based on the model length
Re1∞ unit Reynolds number of free stream, 1/m
ReδD Reynolds number based on the boundary-layer thickness
Sh Strouhal number
t time, s
T temperature, K
T0 total temperature, K
u velocity, m/s
u∞ free-stream velocity m/s
z transversal coordinate, m
α angle of attack, degree
δD boundary layer thickness before separation, m
µ coe©cient of dynamic viscosity, Pa·s
ρ density, kg/m3

Ÿ vorticity, 1/s

1 INTRODUCTION

A supersonic §ow with a separation region near the ramp is a canonical problem
involving the interaction of shock waves with the boundary layer (see, e. g. [1�
7]). At a high free-stream Mach number, the shock waves are formed over the
separation zone and give rise to a complex shock-wave structure that a¨ects the
downstream evolution of §ow characteristics behind the shear-layer reattachment
line. The model size in the transverse direction is limited, so the §ow structure
in the separation zone is always 3D; this circumstance additionally complicates
the §ow description. The goal of the present investigation is to clarify the 3D
§ow structure e¨ects on the distribution of the mean and §uctuating §ow char-
acteristics near the model surface. Results of a complex experimental study of
the separated §ow structure at high supersonic §ow velocities are also required
for veri¦cation of numerical calculations.
In the present paper, results of an experimental and numerical study of the

3D laminar separated §ow at a ramp for various angles of attack are reported.
The model was a plate with a sharp leading edge on which a 30 degree ramp
was mounted (Fig. 1Á). The study comprised a Schlieren and oil visualization
of the §ow, measurement of the wall pressure, and registration of wall-pressure
§uctuations at a point located on the ramp surface near the §ow reattachment
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Figure 1 Compression-corner model. Dimensions are in millimeters

line. The experimental data are supplemented with results of a numerical study
of the 3D structure of the §ow.

2 EXPERIMENTAL AND NUMERICAL

CALCULATION TECHNIQUE

2.1 Experimental Technique

The experiment was carried out in the T-326 wind tunnel of the Khristianovich
Institute of Theoretical and Applied Mechanics of the Siberian Branch of the
Russian Academy of Sciences (ITAM SB RAS). The wind tunnel is equipped
with a test section made as the Ei¨el chamber 0.87 m long, 1.18 m high, and
0.83 m wide. The nozzle exit diameter is 0.2 m. The range of Mach numbers is
M∞ = 6�4. The range of unit Reynolds numbers is Re1∞ = (0.6�70) · 106 m−1.
The plenum chamber pressure is p≤10 MPa, and the temperature in the chamber
is T0 ≤ 1500 K. The test time is ∼ 25 min. The Mach number nonuniformity in
the test section is ≤ 0.5%. The wind tunnel is started without the model in the
hypersonic §ow, but later the model is inserted into the §ow by using a special
electromechanical device. The model insertion time is approximately 1 s.
For carrying out the experiments, two identical models of the compression

corner were manufactured (see Fig. 1Á); each of the models was a plate with an
almost sharp leading edge on which a ramp was mounted. One model was used
for tap pressure measurements and another one was used for pressure §uctuations
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measuring. The leading edge was slightly blunt. The rounding radius of the
leading edge of the plate was about 30 µm.
The model sizes are given in millimeters in the sketch (Fig. 1b). The spanwise

size (width) of the model was d = 50 mm. For convenience of data analysis, a
dimensionless coordinate system (0, l/L) located along the upper surface of the
model in its midsection was introduced. In this coordinate system, the origin O
is located at the line of intersection of the horizontal surface of the plate and
the ramp sloping surface (Fig. 1c). The plate length L was used to obtain the
dimensionless linear coordinate l/L. The value l/L = −1 refers to the tip of
the sharp leading edge of the plate. The model was mounted by using a sting
in the mechanism for changing the angle of attack (α-mechanism) of the T-326
wind tunnel. The model could be installed at di¨erent angles of attack α. The
experiments were performed for α = 0◦, 5◦, 10◦, and 15◦. The inaccuracy in
setting the angle α was within 0.1◦. During the experiments, the de§ection of
the model by the approaching §ow was smaller than 0.1◦ (the measurements
were performed by using a special sensor in the α-mechanism); therefore, no
subsequent regard will be given for this de§ection.
The following wind tunnel gasdynamic parameters were used: mean Mach

number of the §ow at the model location í∞ = 6.01, the free-stream total
pressure p0∞ = 9.73·105 Pa, and the free-stream total temperature T0∞ = 380 K.
The Reynolds number based on the model length was ReL = 6 · 105 (L is the
length of the horizontal surface of the model, L = 50 mm). Condensation of
oxygen and nitrogen is absent as a result of a small length of the divergent part
of the supersonic nozzle (smaller than 1 m). The time of the model presence
in the hypersonic §ow for measurements is 3�7 min. The model temperature
increases from 290 to 320 K during the test time.
The wall pressure was measured by TDM-A-1.0, TDM-A-1.6, and SIEMENS

HP-34970A pressure transducers. The pressure taps were located in the region
−0.81 ≤ l/L ≤ 0.6 with a step l/L = 0.04.
The pressure §uctuations p′(t) were measured with an I-2141 piezoelectric

transducer (see Fig. 1c, marked by 1). The transducer was §ush-mounted with
the ramp sloping surface at the model centerline at the point l/L = 0.18. The
outer diameter of the transducer was dtr = 4 mm.
Schlieren visualization of the §ow was performed using an IAB-451 shadow

instrument. A horizontal knife was used, which allowed capturing the vertical
gradient of the gas density. Video recording was performed with a Videoscan-
285/P-USB digital video camera at an exposure time of 0.5 ms.

2.2 Numerical Calculation Technique

Numerical calculations were performed using the Fluent software. The calcu-
lations were performed for the angle of attack α = 0◦. In the calculations, a

352



SHOCK INTERACTION

compression-corner §ow was modeled, with the geometry and sizes being the
same as in the experiment. The domain of calculation comprised about 9 mil-
lion cells. Near the model wall, the calculation grid was re¦ned. In the re¦ned
grid, the thickness of the boundary layer near the §ow separation point at the
longitudinal symmetry axis of the model contained about ¦fty cells.

Three-dimensional laminar Navier�Stokes equations were solved. Those
equations were linearized in an explicit form by a second-order upwind scheme.
Though the §ow at the reattachment region and inside the reverse §ow region
can be transitional or turbulent, this approach ensures a satisfactory agree-
ment between the calculated and experimental data. The calculated ambient
medium was a perfect gas. The gas viscosity was calculated by the Sutherland
formula.

The decrease in temperature at the horizontal plate for the laminar boundary
layer for a stationary §ow is 321 K. This temperature value is close to the model
temperature after the experiment. Therefore, the heat §ux between the model
wall and the §ow was accepted to be equal to zero (adiabatic wall condition).

3 RESULTS

3.1 Mean Shock-Wave Structure of the Compression-Corner Flow
at Di¨erent Angles of Attack

The Schlieren photographs and schemes of the compression-corner §ows for α
= 0◦, 5◦, 10◦, and 15◦ are shown in Fig. 2. On the diagrams, the shock waves are
shown by the solid lines and are denoted by the letter C; the expansion waves
are shown by the dashed lines and are denoted by the letter E. The shear layers
are shown by the dotted lines and are denoted by the abbreviation SL. The
reverse §ow region is denoted by the letter Z. Below in the text, the shock C1
is called the leading shock; the shock C4 is the trailing shock; the shock C2 is
the separation shock; and the shock C3 is the reattachment shock. The shear
layer enclosing the separation zone Z is denoted by SL1. The separation point
(line) is denoted by the letter D, and the reattachment point (line) is denoted
by R.

The calculated values of the Mach number in the §ow region above the bound-
ary layer before the separation point (at the point D, i. e., in the region between
the shocks C1 and C2) for α = 0

◦, 5◦, 10◦, and 15◦ are MD = 6.01, 5.32,
4.64, and 3.99, respectively. The boundary layer thickness before separation δD
(point D) was estimated from the schlieren photographs; in various experiments,
this thickness was δD ∼ 0.7�1 mm, and the Reynolds-number value based on the
boundary-layer thickness was ReδD ∼ (10�15) · 103.
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Figure 2 Schlieren photographs and explanatory diagrams of the compression-corner
§ows for α = 0◦ (a); 5◦ (b); 10◦ (c); and α = 15◦ (c)
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At the zero angle of attack, α = 0◦, the shocks C1 and C2 interact with the
shock C3 and form the shock C4. The shock C3 closes the separation zone. The
shear layers SL2 and SL3 and the expansion waves E1 and E2 correspond to
the §ow parameters in the region behind the shock C3 and the §ow parameters
in the region behind the shock C4. This shock wave interaction corresponds to
VI type con¦guration according to Edney£s classi¦cation [8].

For higher angles of attack (α = 5◦ and 10◦), the shocks C1 and C2 interact
and generate the shock wave C′

1 and the shear layer SL3. The interaction of the
shear layer SL3 with the shock C3 results in shear layer de§ection and formation
of the expansion wave E2. The interaction of the shocks C1′ and C3 results in
the formation of the shock C4, the shear layer SL2, and either the expansion
wave E1 (α = 5

◦) or the shock C5 and the expansion wave E5 (α = 10
◦).

At the model angle α = 15◦, the shocks C1, C2, and C3 interact with
each other and form an intricate shock-wave structure. The interaction of the
shocks C3 and C5 results in the formation of a special shock-wave structure,
which is similar to the barrel shock-wave structure. This shock-wave structure
can appear in a plane underexpanded jet and is directed in the downstream di-
rection parallel to the ramp surface (this barrel shock-wave structure is denoted
by BSS on the diagram). Between the barrel shock-wave structure and the ramp
surface, the shock C6 is formed. The interaction of the shock C6 with the ramp
wall results in the formation of a local microseparation region; so, one can see
a new expansion wave E6 (Fig. 2b). It is a typical picture of the boundary
layer/shock wave interaction, see the paper of J. Delery in [7]. The described
interaction results in the formation of strongly turbulent (upper and lower) shear
layers SL2, also seen in the photograph. This shock-wave con¦guration corre-
sponds to the V type of shock-wave interaction [8].

The photographs and §ow diagrams for α = 0◦ and 15◦ are similar to those
previously reported for the §ow with the free-stream Mach number M∞ = 7
in [5].

The data on the distribution of the pressure coe©cient cp as a function of
the coordinate l/L along the line of intersection of the model upper surface with
the longitudinal axis of symmetry are shown in Fig. 3. The initial point l/L = 0
refers to the beginning of a ramp surface. The regions l/L < 0 and l/L > 0
refer, respectively, to the plate and ramp surface.

Qualitatively, the data on the distribution of the wall pressure agree with the
visualization data. The pressure rises due to the compression shocks C5 and C6,
and the pressure falls due to the expansion waves E1, E2, E5, and E6, observed
in the photographs taken at various angles α. A possible cause (see [9]) for the
registration of the shock C5 and the subsequent expansion wave E5 (for α = 10

◦)
is the presence of a local separation region Zs (see the diagram in Fig. 2c) formed
near the line of incidence of the shock C5 onto the ramp surface. Similarly, at
α = 15◦, such a region Zs is also formed at the place of incidence of the shock C6.
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Figure 3 Distribution of the wall pressure over the longitudinal symmetry axis of the
model for di¨erent angles α: (a) 0◦ (1 ¡ numerical calculation; and 2 ¡ experiment);
(b) 5◦; (c) 10◦; and (d) 15◦

3.2 High-Pressure Layer Behind the Shear Layer Reattachment
Line

Based on the numerical data, below an analysis of the §ow structure near the
reattachment line R is given. An interesting feature here is the existence of a
high-pressure layer or dynamic layer (DL) formed behind the reattachment line R
of the shear layer SL1 in the region above the boundary layer and propagating
in the downstream direction (Fig. 4). Here, the total pressure in the layer DL is
much higher than the pressure in the layers above or below this layer. Figure 4a
shows the contour lines of the calculated ¦eld of the total pressure p0 normalized
by the free-stream total pressure p0∞ in the longitudinal symmetry plane of the
model. At the right side of the ¦gure, the diagrams of the total pressure p0/p0∞
in cross sections 1 and 2 (in front of and behind the shear layer reattachment
point R, respectively) are shown. Figure 4b contains a diagram that explains
the physical mechanism of high pressure layer formation.
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Figure 4 High-pressure layer DL behind the §ow reattachment line

The gas stream in the region above the streamline SSL (this streamline arrives
at the reattachment point R) can be divided into three layers: L1 is the subsonic
layer in the shear §ow SL1, L2 is the supersonic layer in the shear §ow SL1, and
L3 is the supersonic §ow that moves over the layer SL1. The loss of the total
pressure in the layer L1 due to friction forces is much greater than the loss of
the total pressure in the layer L2 (which is low) and in the layer L3; hence, the
total pressure p01(1) in cross section 1 (l/L = −0.1) in the layer L1 is much lower
than the total pressures p02(1) and p03(1) in the layers L2 and L3. In the course
of stream de§ection near the point R, a compression fan CF is formed, which
transforms into the shock wave C3 at some distance from the model surface.
The loss of the total pressure in the shock C3 in the layer L3 is greater than the
loss of the total pressure in the layer L2 (the §ow has turned in the compression
fan CF). As a result, the total pressure in the layer L3 becomes lower than that
in the layer L2. Thus, the total pressure p02(2) in the layer L2 is greater than
the pressures p01(2) and p03(2) in the layers L1 and L3 in section 2 (l/L = 0.58).
This layer L3 with a high total pressure can be called the high-pressure layer or
the dynamic pressure layer DL.
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Owing to the existence of the high-pressure layer DL, the gas density and the
Mach number in this layer become higher, but the static temperature is lower
than the respective quantities in the boundary layer on the ramp surface and in
the free stream in the §ow region above the ramp.

3.3 Streamwise Vortices Near the Model Surface

The oil visualization (Fig. 5a, α = 0◦) shows a 3D pattern of the §ow in the sep-
aration region Z. The curved §ow separation line D, the curved §ow reattach-
ment line R, and the reverse §ow region Z are clearly seen. Also, the presence of
streamwise vortices spreading from the §ow reattachment line R both inward the
separation zone and in the downstream direction is noteworthy (here, alternation
of dark and light strips oriented along the free-stream direction is seen). The
diagram in Fig. 5b was plotted using the calculated data for the instantaneous
distribution of the shear stress on the model surface. The calculated lines of the
§ow separation D, the reattachment R, and the reversed §ow region are shown.
The shear stress picture shows a 3D §ow structure in the separation zone, where
the gas from the shear layer SL1 enters the reverse §ow region Z and then leaves
this region through the side boundaries. The stream in the separation zone is

Figure 5 Streamwise vortices in the compression corner at α = 0◦
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highly turbulized, this observation is evidenced by both oil visualization and
numerical data.
Figure 5c shows a fragment of cross section 1 (l/L = −0.1) located near the

longitudinal symmetry axis of the model. The cross section is normal to the
horizontal plate. The calculated distribution of the total pressure is shown in
the ¦gure. Here, the reverse §ow region Z (dark area), the shear layer SL1, and
the free stream moving over this layer (light area) are seen. The streamlines
are constructed from the normal and transversal components of the §ow velocity
vector on the plate. Figure 5d shows a similar distribution of the total pressure
in cross section 2 (l/L = 0.58) normal to the plane of the ramp surface (r is
the normal coordinate to the ramp surface). Here, the low-pressure gas region
near the model surface (dark area), the high-pressure layer DL (light wavy line),
and the free-stream zone above this layer, separated from the free stream by
the shock C3, are shown. The streamlines are constructed from the normal and
transversal components of the §ow velocity vector on the ramp surface.
It is seen that both in the interior of the separation zone and in the §ow

behind the reattachment line, the gas is entrained in vortex motion with gen-
eration of streamwise vortices. An experimental description of such vortices in
a supersonic separated §ow was given in [10], and numerical simulations were
reported in [6]. Traditionally, it is believed [2] that the mechanism of origination
of such vortices is the same mechanism that underlies the production of Taylor�
G�ortler vortices in subsonic §ows. The §ow changes its motion direction in the
compression corner. The shear layer loses its stability because of the action of
the centrifugal forces that arise due to bending of the streamlines [11].
Simultaneously, the present data point to one more possible mechanism of

vortex formation (Fig. 6). The vorticity transport equation is [12]
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This equation includes an additional term∇ρ×∇p, which describes the barocline
e¨ect; namely, the vector of the density and pressure gradients goes to the origin
of the vorticity Ÿ (vector quantity). Here, ρ is the gas density; u is the velocity;
p is the pressure; and µ is the coe©cient of dynamic viscosity.
The reattachment line R is curvilinear near the side edges of the model. The

curvature gives a transversal component of the pressure gradient (whose direction
is parallel to the model surface and is normal to the stream direction), while the
high-pressure layer DL induces a component of the gas density gradient along
the normal to the model surface:

Ÿk = Ÿij =
1

2

(
∂ui

∂xj
− ∂uj

∂xi

)
.
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Figure 6 Generation of streamwise vortices near the reattachment line in a supersonic
§ow near the ramp surface

As a result of the baroclinic e¨ect [13], the streamwise component of the
vector of vorticity arises (Ÿl), and it is aligned in the streamwise direction from
the reattachment line R. This circumstance also promotes the formation of
streamwise vortices, in the regions both below and above the layer DL, and in
the interior of the reverse §ow region.

3.4 Wall-pressure Fluctuations Near the Shear-Layer Reattachment
Line at Di¨erent Angles of Attack

In the experiments, the wall pressure §uctuations p′(t) near the shear layer reat-
tachment line were measured. Since the §ow reattachment line is shifted in the
upstream direction with increasing angle α, the pressure §uctuations near the
point R were measured only for α = 0◦, whereas the pressure §uctuations for
α = 5◦, 10◦, and 15◦ were measured at the region downstream of the point R.
Figure 7 shows the Fourier spectra of the wall pressure §uctuations p′(t)

for α = 0◦, 5◦, 10◦, and 15◦ (respectively, a, b, c, and d). Here, the spectral
amplitude was normalized by the wall pressure ptr at the location of the trans-
ducer of pressure §uctuations (l/L = 0.18). The Strouhal number Sh = fL/u∞
was calculated from the plate length L, the frequency f , and the free-stream
velocity u∞.
The maxima of the §uctuations marked with arrows 1 and 2 deserve mention-

ing. At α = 0◦ and 5◦, maximum 1 was greater in amplitude than maximum 2,
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Figure 7 Spectra of wall-pressure §uctuations for di¨erent angles α: (a) 0◦; (b) 5◦;
(c) 10◦; and (d) 15◦

while the opposite relation was observed at α = 10◦ and 15◦. With increasing an-
gle α, the frequency of maximum 1 increases, while the frequency of maximum 2
remains roughly unchanged.

4 SUMMARY

For a supersonic §ow velocity (í∞ = 6), the shock wave structure of the com-
pression corner §ow and the wall pressure §uctuations in the §ow reattachment
region for angles of attack α = 0◦, 5◦, 10◦, and 15◦ were studied.
It is shown that a complex con¦guration of interacting shock waves is formed

in the compression corner at high Mach numbers in the §ow region above the
plate surface. It is shown that the separated §ow near the compression corner
model has a 3D structure.
The existence of a high-pressure layer (dynamic layer) is found. The dynamic

layer is located above the boundary layer in the downstream region from the §ow
reattachment line. The presence of streamwise vortices is observed. Streamwise
vortices are formed near the reattachment line and are located in the downstream
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direction and inside the reverse §ow region. A probable cause for the formation
of such vortices could be the baroclinic e¨ect due to the existence of a density
gradient in the high-pressure layer and a transversal pressure gradient.
It is observed that the spectrum of pressure §uctuations involves two local

maxima. For the angles of attack 0◦ and 5◦, this spectrum is dominated by the
¦rst maximum; for the angles of attack 10◦ and 15◦, the prevalence of the second
maximum is observed.
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